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ABSTRACT
Ultra-high bypass ratio turbofans offer significant reductions in fuel and pollution due to their higher propulsive ef-

ficiency. Short intakes might lead to a stronger fan-intake interaction, which creates uncertainty in stability at off-design
conditions. Due to the prohibitive cost of full-scale experimental testing, subscale testing in wind tunnels is used to un-
derstand this behaviour. The low Reynolds number of subscale models results in unrepresentative laminar shock-boundary
layer interactions. The boundary layer state thus needs to be conditioned to better represent full-scale transonic fans.

This paper proposes the use of an inexpensive and robust flow control method for the suction side of a fan blade. Design
guidelines are given for the location and height of the discrete roughness elements used to control the boundary layer state.
This paper also presents a rapid experimental validation methodology to ensure and de-risk the application of the boundary
layer trip to 3D rig blades. The experimental methodology is applied to a generic aerofoil representative of a fan tip section.
The experimental method proves that it is possible to reproduce boundary layers and pressure distributions of a full-scale
fan blade on a 1/10 subscale model. The results obtained confirm that the boundary layer trip method successfully promotes
transition at the location representative of full-scale blades, avoiding unrepresentative laminar shock wave boundary layer
interactions. This highlights the importance of conditioning boundary layers in low Reynolds number fan rig testing.

INTRODUCTION
Ultra-high bypass ratio (UHBPR) turbofans offer significant reductions in fuel burn and pollutant emissions due to their

higher propulsive efficiency. Drag and weight penalties incurred by the associated larger installation diameters can be offset
by using short intakes (Hoheisel, 1997). However, shorter intakes lead to stronger fan-intake interaction, which combined
with the lower fan pressure ratio could jeopardize the stable operability at off-design conditions. To better understand the
off-design behaviour of the fan, and to validate numerical predictive methods, experimental testing is used. The large costs
and time-scales of matching the very high Reynolds numbers of engine-scale fan stages make these programmes prohibitive
for detailed experimental testing, with further difficulty in accurately instrumenting test facilities. Subscale experimental
testing – recreating operational Mach numbers at reduced Reynolds numbers with scaled geometry – presents an affordable
and practical route to measuring fan-intake interaction and design changes.

A challenge in producing representative behaviour at reduced Reynolds numbers is the presence of laminar bound-
ary layers approaching the shock wave. This might lead to laminar/transitional shock wave-boundary layer interactions
(SWBLIs), which generally do not occur on full-scale transonic fan rotors. An in depth analysis of this type of interaction,
including unsteady effects, can be found in Hergt et al. (2019). Briefly, this type of interaction can be characterised by three
different types of structures depending on the strength of the shock wave. For a weak shock, the interaction the interaction
does not separate the boundary layer; instead transition is induced and the boundary layer is thickened. An increase in shock
strength leads to induced transition and a separation bubble under the shock foot. For a strong shock, the interaction gener-
ates an open boundary layer separation that does not reattach before the trailing edge. For transonic compressor cascades
Szwaba et al. (2019) and Klinner et al. (2019) studied laminar SWBLIs on modern compressor blade sections at moderate
shock strengths. This type of interaction is characterised by a double shock structure. The upstream weak oblique shock
promotes the transition of the boundary layer to turbulent, also inducing separation of the boundary layer. The main shock
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encounters this separated turbulent region and performs most of the deceleration across the shock. The separation bubble
closes behind the shock. The authors found that promoting transition upstream of the shock resulted in a single shock struc-
ture with a shorter separation bubble. Due to the difficulties of measuring SWBLI interactions in a 3D rotating blade row at
representative Reynolds number, experimental data is not publicly available. However, allowing laminar boundary layers
to interact with shocks in subscale tests presents significant risk of behaviour unrepresentative of engine-scale conditions.

To reduce the risk of a low Reynolds number experimental rotating fan rig, this paper proposes the use of an inexpen-
sive and robust flow control method for the suction side of the fan blade. Design guidelines are given for the location and
height of the discrete roughness elements used to control the boundary layer state. This paper also presents a rapid exper-
imental validation methodology to ensure and de-risk the application of the boundary layer trip to the 3D rig blade. The
proposed experimental validation enables the rapid investigation of the loading and boundary layer state on the suction side
of the fan blade within a variable-density wind tunnel at different span sections, working lines, Reynolds numbers, Mach
numbers, surface roughness and boundary layer trip characteristics. The methodology and experimental setup are designed
to maximise the control over the experiment, minimise the sources of uncertainty, increase the pace of experimental testing
and maximise the range of geometries and operating conditions tested within a modest variable-density wind tunnel. The
experimental methodology is applied to a generic aerofoil representative of a fan tip section. The experimental method
proves that it is possible to reproduce boundary layers and pressure distributions of a full-scale fan blade on a 1/10 subscale
model. The results obtained confirm that the boundary layer trip method successfully promotes transition at the location
representative of full-scale blades, avoiding unrepresentative laminar shock boundary layer interactions. This highlights
the importance of conditioning boundary layers in low Reynolds number fan rig testing. The boundary layer conditioning
is attained with a minimal surface modification, which is readily applicable to existing test models.

METHODOLOGY
This sections presents an overview of the collection of numerical and experimental methods used in this study. In

the first place, low order models are used to estimate the boundary layer state and possible separation location at different
span sections and operating points of the full-scale and subscale rotating rig. In the second place, a boundary layer trip is
designed for the subscale 3D blade able to replicate the full-scale behaviour at different operating points. In the third place,
symmetric isolated aerofoils are inverse designed to produce representative suction side loadings in an experimental free-jet
section. These maximise flexibility and pace of experiment whilst minimising sources of uncertainty and cost. Next, the
boundary layer trips designed for the rotating subscale blade are scaled for the experimental isolated symmetric aerofoil and
the full details of the experimental techniques are given. The experiments rapidly confirm the boundary layer state of the
flow approaching the shock wave and the effectiveness of the flow control.

Boundary layer characteristics
Lower order models were applied to estimate the boundary layer state on the suction side of the sections of the fan blade.

Thwaites method (Thwaites, 1949) was used to estimate the integral boundary layer parameters, local velocity profiles and
possible laminar separation. The location of transition onset was estimated using the method proposed by Menter et al.
(2004). The reduced order models were applied to different span sections of the fan blade at two operating conditions: near
design (ND) and near stall (NS); and two Reynolds numbers: full-scale (Refull-scale) and subscale (Resubscale ≈Refull-scale/10).
As the fan moves from ND to NS, a greater acceleration around the leading edge takes place. The latter is followed by a
stronger shock wave located further upstream relative to ND.

For all the sections, at Resubscale, the onset of transition is delayed to a greater chord fraction relative to the Refull-scale.
The onset occurs just upstream of the shock for Resubscale. Based on the estimation of the lower order model, either laminar
or transitional boundary layers could interact with the shock for Resubscale. Laminar separation was estimated to take place
either upstream or at the same location as the transition onset at the NS for Resubscale. None of these characteristics were
found for the full-scale blade. These initial estimates suggested that a laminar boundary was likely to persist to the shock
position for the reduced scale test.

Boundary layer trip
To avoid unrepresentative laminar or transitional boundary layers approaching the shock and recover the blade load-

ing of the full-scale fan, a minimally parasitic trip is designed. The designed trip must simultaneously fulfil a series of
requirements for the near design and near stall operating conditions. For example, for a particular section:

1. Fix transition before the laminar separation at NS.

2. Fix transition as close as possible to the engine scale transition location for both operating conditions.

3. The trip Reynolds number based on surface distance from the leading edge Resk must be greater than 105 for both
conditions.
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The first point avoids laminar separation by inducing early transition. The second point ensures that transition takes
place at the same location as at the engine scale, enhancing the similarity of subscale rig to the engine scale fan. The last
point ensures the presence of a low loss plateau for a range of roughness height values.

The proposed methodology applied discrete roughness elements, ormicrobeads to promote the transition. The location
and height of the microbeads were chosen based on the earlier work of Braslow et al. (1966). A roughness Reynolds number
Rek is defined based on the roughness height and the local conditions at the top of the roughness element. For Rek less than
a certain value, denominated critical roughness Reynolds number Rek,crit , the trip will not cause transition. Above Rek,crit
transition moves upstream, from its natural location to the location of the trip. Above this critical value kcrit and up to a
roughness height k equal to the boundary layer thickness δ99, loss remains constant generating a plateau. Consequently,
roughness elements with a height k between kcrit and δ99 cause the same small increase in loss to the profile. Braslow et al.
(1966) experimentally determined a value of Rek,crit ≈ 600 for a range of subsonic speeds. The above is only valid for
Res ≥ 105. A plateau is not found for lower values of Res, meaning that raising roughness height always increases loss.
Additionally, the critical roughness Reynolds number is not constant anymore and a larger value is required to promote
transition (Braslow et al., 1966).

For the case of interest, a trip with roughness elements located in the loss plateau would result in a trip able to promote
transition at the desired location with the minimum extra loss. Consequently, the trip must be located at a position that
ensures Res ≥ 105 with kcrit ≤ k ≤ δ99. Based on both criteria, the trip methodology comprised the following steps.

1. Calculation of surface based Reynolds number Res along the blade and the minimum surface location to have Res ≥
105 for both operating conditions. This ensured the presence of a loss plateau for both operating conditions.

2. Estimation of the boundary thickness using Thwaites method (Thwaites, 1949).

3. The trip was chosen to end at the location where transition will take place for the engine scale NS case. Attaining full
transition by this point avoids laminar separation. Here, transition occurs upstream of the position at full scale, ND
conditions to further reduce the risk of laminar/transitional SWBLI.

4. A surface length dswas chosen for the trip. The trip should be as narrow as possible whilst allowing sufficient sparsity
of the roughness elements such that the trip is 3D instead of a highly packed 2D trip.

5. For the upstream edge of the trip, the variation of roughness Reynolds number Rek across the boundary layer was
calculated for both operating conditions. The boundary layer thickness δ99 and roughness height that results in the
critical roughness Reynolds number Rek,crit = 600 were estimated at ND and NS. The trip roughness height was
placed half way between the higher value of Rek,crit and the lower value of δ99 across the two operating conditions.

The trip design methodology was applied to several of span sections. Fitting a curve through the local trips creates a
continuous 3D trip suitable for the application to an existing fan blade.

Inverse design
To produce surface boundary layers in the variable-density wind tunnel, which are representative of those expected on

the rig rotor blade suction surface, a computational inverse design method was applied to match the surface isentropic Mach
number distributions of sections of the rotor on stationary aerofoils. The design objectives were to accurately reproduce
the pre-shock isentropic Mach number distributions with steady flow, and with the highest practical Reynolds number
attainable within the operating limits of the experimental facility. Sections were designed as symmetric to attain incidence
independence and minimise transverse loading. This enabled the use of a single isolated aerofoil immersed in a free jet.
No contoured endwalls, multiple cascade-style aerofoils, or auxiliary suction systems were required to generate the target
loading. Low loading allowed a simplified rig mounting system, and the use of cheaper polycarbonate aerofoils, which
were easy to machine and had low thermal conductivity, suited to infrared measurements.

Surface curves were defined using the class-shape transformation (CST) method described by Kulfan and Bussoletti
(2006). Bernstein polynomials of arbitrary order n constitute the shape function, and allow control of the resolution of sur-
face modification through their coefficients. Before the inverse design method was applied, the pre-shock surface isentropic
Mach number (Ms) distributions were stretched in the chordwise direction to maximise the achievable Reynolds number
under rig conditions. The region of leading edge acceleration was also extended to allow the distributions to be achieved
without incidence. Values of Ms were unchanged up to the shock position, but the shock moved 50% to 67% chord down-
stream from its position on the rotating blade. A linear deceleration was set downstream of the shock and the trailing edge
value of Ms adapted iteratively.

The jet Mach number of the experimental facility M∞ was not constrained to match the relative inlet Mach number of
the corresponding rotor section. Reducing M∞ while maintaining the same surface distribution allowed higher Reynolds
numbers to be achieved with the same rig power limits. A lower value of M∞ required greater surface curvature, thus thicker
blades, which led to increased leading edge offset, and a greater chance of separation in the post-shock, subsonic region.
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Thicker blades also improved the mechanical integrity and machinability of the aerofoil, enabling the use of polycarbonate
for the aerofoils. Each section design was initiated from a generic CST aerofoil shape with appropriate thickness, then its
surface geometry iterated using a combination of the inverse design method proposed by Lane and Marshall (2010), and
manual intervention to prevent unstable surface modification caused by non-linear variations in the supersonic region.

Computational method
3D Reynolds-averaged Navier-Stokes (RANS) calculations were carried out using Turbostream (Brandvik and Pullan,

2011). For design iterations, boundary layers weremodelled as fully turbulent, using the Spalart-Allmaras turbulencemodel.
Flow was allowed to slip at the surface, with wall functions modelling surface shear. Values of y+ less than 2 were used.

Free-stream patch
Inflow total pressure, total temperature

Outflow static pressure
Local solution flow angle

Outlet patch
Uniform static pressure

Inlet patch
Uniform total pressure

Uniform total temperature
Axial flow

c

1.6 c

2 c 2 c

y+ < 2

Figure 1 Computational domain. Flow moves from left to right.

A rectangular computational domain was used during the design interations, it provided representative free jet condi-
tions at a very low computational cost. The geometry and boundary conditions of the domains are shown in Fig. 1. Uniform
total pressure and total temperature axial flow was admitted at the inlet, and uniform static pressure set at the outlet. The
boundaries parallel to the free-stream flow applied the same total properties as those at the inlet for flow entering the do-
main, and the same static pressure as the outlet for flow exiting the domain, with the flow angle taken from the local flow
solution. As flow exited the domain upstream of the shock, the fixed static pressure faithfully modelled the effect of the
finite jet.

The multi-block, structured grid shown in Fig. 1 consisted of around 160,000 nodes. The domains has 5 nodes in the
direction normal to the view in Fig. 1, with periodic patches connecting the faces in this direction. This maintained 2D flow
velocity, representative of a mid-span slice of the rig flow field.

Experimental method
To survey the state of the boundary layer and the shock boundary layer interaction, a new transonic free-jet test section

was commissioned and installed within a variable-density wind tunnel at the Whittle Laboratory. This tunnel is a closed
loop, continuous running facility which allowed the independent control of the free stream Mach number and aerofoil
Reynolds number. All the experiments reported in this paper where carried out at a constant axial Mach number of 0.82
and the density of the working fluid was adjusted to produce chord based Reynolds number ranging from Re = 0.54×106

to Re = 1.44×106.
Figure 2 depicts the new test section. The section comprised a 3.5:1 contraction nozzle. The aerofoil of interest

was immersed in the free jet of the nozzle. The leading edge of the aerofoil was located 0.35 nozzle heights downstream
of the nozzle. The flow was discharged into the pressurised wind tunnel. Total pressure was measured far upstream of
the contraction. To monitor the free stream Mach number, static pressure measurements within the narrower section of
the nozzle were taken using endwall taps. The aerofoils were equipped with 13 0.2mm diameter surface pressure taps
located at 25% span, and distributed along the chord to capture the shape of the blade loading. A neptune pressure probe
traversed in the pitch direction at an axial location of 50% chord downstream of the trailing edge. The probe measured total
pressure, static pressure and yaw angle. All pressure probes/ports were connected via tubing to a 15psi differential pressure
transducer. K-type thermocouples were placed upstream of the section to measure the total temperature of the jet. A FLIR
A615 infra-red camera, located directly above the aerofoil, measured the steady state aerofoil surface radiosity. The pixel
length correspond to 0.25% of the aerofoil chord. An in-house calibration of the camera and the emissivity of the paint
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Figure 2 Free-jet test section. Flow moves from left to right.

Uncertainty at Re = 0.54×106 Uncertainty at Re = 1.44×106

Isentropic Mach number (Ms) ±0.002 ±0.001
Loss coefficient (Yp) ±0.003 ±0.002

Wall temperature (Twall) ±0.2K ±0.2K

Table 1 Estimated uncertainties of the experimental data

applied on the blade was performed. The calibration allowed the estimation of the aerofoil surface temperature based on
the radiosity and the tunnel operating conditions. The estimated uncertainties of the main variables of interest are presented
in Table 1 for the lowest and highest Reynolds number.

During an experiment, pressure and temperature measurements were used to obtain the aerofoil isentropic Mach num-
ber distribution and Reynolds number Re. The operating point of the wind tunnel was controlled to match the measured
isentropic Mach numbers to the computed fully turbulent isentropic Mach numbers upstream of the shock wave. Addition-
ally, the density of the wind tunnel was changed to precisely control the Reynolds number. For a given roughness height,
changing the Reynolds number was effectively equivalent to varying the roughness height for a fixed Reynolds number.

The 2D symmetric sections were manufactured in polycarbonate. This material offers a good compromise between
mechanical strength, machinability and thermal conductivity. A target surface roughness Ra = 1µm was specified for the
manufacturing process. This value was obtained by scaling the rig nominal Ra. The surface of the aerofoil was coated
with paint to minimize radiation reflection. Surface roughness measurements of the coated blade were performed with a
profilometer to ensure the target Ra was obtained.

The trips designed for the rig were scaled to the symmetric sections. The initial and end position of the trip was
scaled geometrically using the procedure previously described. At the location of interest, the design procedure presented
above was used to obtain the critical roughness kcrit , boundary layer thickness δ99, and nominal roughness height k. The
experimental test could rapidly validate the roughness height bounds of the loss plateau, providing confidence on the design
methodology. Spherical microbeads with a tolerance of ±5µm were adhered to the aerofoil surface to build the trip. The
same technology can be directly applicable to the rig rotor blades.

The following sections present experimental measurements for a representative generic profile, whose scaled Reynolds
number, and aerofoil pre-shock isentropic Mach numbers are similar to those of a fan suction surface tip section. Its geo-
metrical definition is as follows

y
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) 1
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c
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c
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+0.264
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]
+0.007
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c
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where an elliptical trailing edge was added in extension to the nominal chord c.

FLOWFIELD WITH NOMINAL REYNOLDS NUMBER - Re = 0.7×106

In the first instance, the behaviour of the baseline aerofoil is analysed at the chord base nominal Reynolds number
Re = 0.7× 106. The lower order model does not predict any laminar separation. However, it estimates transition onset
at the same location as the shockwave. This case is a representative example of laminar/transitional SWBLIs. Figure 3a
presents the experimental isentropic Mach number distributions for the aerofoil without trip (k = 0µm) and the nominal
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trip height (k = 82µm) against the design intent distribution, which was calculated using CFD with fixed transition at 18%
chord (full-scale Reynods number). For the smooth case (no trip) an early interaction between the boundary layer and the
shockwave is observed at x/c ≈ 44%, which leads to an early pressure rise. The pressure rise is followed by a pressure
plateau and a second greater pressure rise associated to a late second shockwave. This topology has been previously reported
as a transitional SWBLI (Szwaba et al., 2019; Klinner et al., 2019; Babinsky and Harvey, 2011). The adverse pressure
gradient imposed by the upstream shockwave separates the laminar boundary layer, resulting in a separation bubble which
reattaches at the location of the rear shock. The early interaction induces transition onset, as a result the turbulent boundary
layer approaching the second wave is able to withstand a greater pressure rise without causing an open separation. A second
CFD prediction is shown in Fig. 3a, which was obtained fixing the transition at the location predicted with the low order
model for the sub-scale Reynolds number. Excellent agreement is found with the experimental data presented for the smooth
case. Tripping the boundary layer with the nominal trip leads to a turbulent SWBLI, which brings the loading distribution
back to the design intent. Figure 3b compares the shockwave structure of both CFD predictions. It is shown that the laminar
SWBLI leads to a double shock structure, in contrast the turbulent SWBL results in a single shock.
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Transition x/c=0.18

Transition x/c=0.62

(b)

Figure 3 Effect of baseline trip design on a) isentropic Mach number, b) density gradient for Re = 0.7×106.

To further investigate the state of the boundary layer, the non-dimensional surface wall temperature field is shown in
Fig. 4 for both cases. The wall temperature was measured using the infrared camera and it is a function of the free-stream
total temperature, local Mach number and boundary layer state. The flow moves from left to right in Fig. 4 and the areas
upstream and downstream of the blade have been masked in grey for clarity. The locations of the blade pressure taps have
been superimposed to relate the loading distribution to the respective wall temperature. As the flow accelerates around the
leading edge, the static edge temperature Te drops. In the absence of a boundary layer state, the wall temperature experiences
a consistent temperature drop. This is observed upstream of the trip location for both cases. For the nominal trip, the wall
temperature rises as the flow crosses the trip. Two scenarios can explain this temperature rise. 1) A deceleration of the
flow would increase Te, leading to a consistent rise in Twall if the heat transfer coefficient remained the same. Fig 3a shows
that flow acceleration is taking place at the trip location, therefore this option is not valid. 2) Boundary layer transition
is induced by the trip, resulting in a change in heat transfer coefficient, which ultimately increases Twall . The second
option is compatible with the acceleration of the flow across the trip and proves the effectiveness of the trip. As the flow
decelerates across the shockwave the temperature rises, a process that continues in the rear part of the aerofoil. To confirm
the boundary layer state upstream and downstream of the trip, the recovery factor has been calculated at the two locations
marked in Fig. 4 with ♦ and ■. The recovery factor, which is defined in Eq. 2 in terms of the wall temperature Twall ,
isentropic edge temperature Te, and stagnation temperature T0, is a function of the boundary layer state. Upstream of the
trip (♦) it was estimated as r ≈ 0.86 which approximates the theoretical laminar Pr1/2. In contrast, downstream of the trip
(■) the recovery factor was estimated to be r ≈ 0.89 which is close to the theoretical turbulent Pr1/3. A value of 0.71 has
been chosen for the air Prantl number Pr.

r =
Twall −Te

T0 −Te
(2)

If the blade trip is not included, the temperature continues dropping upstream of the shock as a result of the flow
acceleration. The lack of temperature rise suggests that the boundary layer remains laminar. At both locations (♦ and ■),
the recovery factor is estimated to be r = 0.86. This confirms that the boundary layer approaching the shockwave system
is laminar. Temperature rises are observed across both socks. A low temperature region is observed between 70% and 80%
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Figure 4 Effect of baseline trip on blade wall temperature for Re = 0.7×106. Green symbols show the location of
the pressure taps.

chord, which is likely to be associated to a separation bubble downstream of the main shock. It is noted that 3D features are
observed near the endwall, this could be associated with the early SWBLI that induces a corner separation.

ROUGHNESS HEIGHT SENSITIVITY
At the nominal Reynolds number, Re = 0.7×106, the necessity of a boundary layer trip to avoid transitional SWBLI

has been proved above. This section studies the sensitivity of the interaction to the height of the roughness elements. At the
nominal Reynolds number the critical roughness height and boundary layer thickness were estimated to be kcrit = 80µm and
δ99 = 150µm, respectively. Four roughness heights have been tested. Within the tolerance of the microbeads, the smallest
and largest microbeads lay marginally outside of the loss plateau. The remaining sizes are located within the theoretical
plateau. Figure 5a shows that for the range of roughness heights tested, transition onset has been induced upstream of
the shockwave and the design intent isentropic Mach number has been recovered. Figure 6 presents the non-dimensional
aerofoil wall temperature for all tested roughness heights at the nominal Reynolds number. For the smallest roughness
height k = 49µm, transition is induced by the trip but not attained immediately. Instead, Fig. 6 shows that full boundary
layer transition is delayed and heterogeneous across the span for this height. Although transition is completed before the
shock, the delayed and heterogeneous transition point is consistent with a roughness Reynolds number Rek ≤ Rek,crit . For
the larger roughness height, the same flow topology is found, with transition onset at the trip location and a continuous
temperature rise across and downstream of the shockwave. The recovery factor has been calculated halfway between the
trip and the shocwkave, as marked by ■ in Fig. 6. A value of r ≈ 0.89 has been estimated for all the trips, which confirms
the turbulent state of the boundary layer upstream of the shock.
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Figure 5 Effect of roughness height on a) isentropic Mach number, b) loss exit profiles for Re = 0.7×106.

The roughness elements alters the aerofoil loss. To assess the change, linear traverses were performed half a chord
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downstream of the aerofoil. Figure 5b presents themeasuredwake loss traversesYp for all the trip heights, with the respective
mass flow averaged values shown in Fig. 11a. The total pressure loss of the smooth blade is between 25% and 42% lower
than for any of the trip heights. This can be explained by three different mechanisms. Firstly, the laminar region of the
smooth blade covers 44% of the chord, compared with the 18% for the tripped case. The reduction in turbulent wetted
area results in reduced boundary layer losses. Secondly, the pre-shock Mach number of the double shock structure is lower
than for the single shock structure. As a result, the loss produced across the shockwave system is lower for the laminar
case. This can be confirmed by the marginally lower loss in the free-stream. Thirdly, the laminar/transitional SWBLI does
not lead to an open separation which would dramatically increase the mixing loss. Instead, a small separation bubble has
been idenfitied. These three mechanisms can explain the reduced total pressure loss observed for the smooth blade. The
reduction in loss linked to the smooth case contradicts studies such as (Szwaba et al., 2019). In those cases, a smaller
fraction of chord associated to laminar boundary layer was present and large separations were observed consequence of the
transitional SWBLI, resulting in an overall opposite effect.

For the roughness heights located within the loss plateau, k = 82µm and k = 114µm, the loss wakes overlap and
a constant increase in loss of 37% is found. As the roughness height drops below the critical value kcrit , transition is
successfully induced by the trip but the completion of the transition is delayed. As a result, the turbulent wetted area is
reduced leading to an overall smaller increase in loss of 25% relative to the smooth case. For roughness heights larger than
the boundary layer (k = 157µm in Fig. 5b), the fraction of the free-stream adjacent to the boundary layer is disturbed by the
trip, resulting in a further 5% increase in loss. The results presented here show that the proposed methodology successfully
designs a boundary layer trip with transition at the desired location and with predictable constant loss, as it lays in the middle
of the loss plateau.

LE TE LE TE LE TE LE TE LE TE

k = 0μm k = 49μm k = 82μm k = 114μm k = 157μm

Twall / T0

0.97 0.98 0.99 1.00

■ ■ ■ ■ ■

Figure 6 Effect of roughness height on blade wall temperature for Re = 0.7×106.

REYNOLDS NUMBER SENSITIVITY
As the Reynolds number increases, the transition onset is expected to move upstream. The low order model predicts

the transition point of the smooth blade to move by only 2% chord. As a result, laminar/transitional SWBLI are expected
for the range of Reynolds numbers tested. The distributions of isentropic Mach number shown in Fig. 7a for the smooth
blade confirms the laminar/transitional nature of the SWBLI. As the Reynolds number increases the second shock moves
upstream and the strength of the shock increases. This suggests that the boundary layer at high Reynolds number is able
to further withstand the pressure rise imposed by the shockwave, reducing the length of the separation bubble. At high
Reynolds number, the wall-temperature presented in Fig. 8 does not show a second cold area near; area which was previously
associated to a separation bubble. To confirm the laminar nature of the boundary layer, the recovery factor was calculated
at■. For the three lowest Reynolds numbers, the estimated r ≈ 86 approached the theoretical laminar vale. For the highest
Reynolds number, an higher recovery was estimated r ≈ 87, which could indicate that a transitional.

The loss in the free-stream region for the smooth airfoil is independent of the Reynolds number, although it is not
visible in Fig. 7b because of the scale. This loss is associated to the shockwave losses, which depends on the strength and
structure of the shockwave system. As the Mach number and number of shocks remains virtually the same for the range of
Reynolds number tested, the shock loss remains unchanged. The length of the separation bubble and the thickness of the
boundary layer decrease at high Reynolds number. As a result, the mixing and boundary layer losses decrease with a rise
in Reynolds number.

For the nominal trip height of k = 82µm, a turbulent SWBLI interaction is observed in Fig. 9a for all Reynolds numbers
tested. The isentropicMach number distribution follows closely the design intent shape. For Reynolds numbersRe≥ 0.7×6
the topology of the non-dimensional temperature presented in Fig. 10 remains the same. This topology is characteristic
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Figure 7 Effect of Reynolds number on a) isentropic Mach number, b) loss exit profiles for k = 0µm.
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Figure 8 Effect of Reynolds number on blade wall temperature for k = 0µm.

of the turbulent SWBLI and recovery factors indicative of turbulent boundary layer r ≈ 0.89 were measured at ■. For
these Reynolds numbers, the nominal roughness height lays within the loss plateau and the surface length based roughness
Reynolds number Resk ≥ 105. Although the roughness Reynolds number is high enough to ensure a loss plateau (Resk ≥
105) at the lowest Reynolds number, the nominal height is smaller than the estimated critical roughness. As a result,
complete transition is not expected at the trip for the lowest Reynolds number. To confirm the hypothesis, the recovery
factor is calculated at the two locations indicated in Fig. 9b. Values of r ≈ 0.87 and r ≈ 0.88 indicative of transitional flow
were estimated at ♦ and ■, respectively. The heterogeneous recovery factor highlights the relevance of the reliable and
homogeneous application of sparse roughness elements to the aerofoil of interest.

As the Reynolds number increases fromRe= 0.54×106 toRe= 0.7×106, the loss shown in the wake traverse (Fig. 9b)
increases slightly. The shockwave structure for these Reynolds number is the same. However, Fig. 10 highlights the delayed
transition at Re = 0.54×106 with turbulent flow being reached approximately 15% chord later. This reduction in turbulent
wetted area, exchanged for lower loss laminar flow, results in 2.5% reduction in loss at Re = 0.54× 106. Once the trip
is effective, an increase in Reynolds number results in lower boundary layer loss as would be expected from a turbulent
boundary layer, reducing the overall loss of the blade.

REVISED ROUGHNESS RELATION
The Reynolds number and roughness sweeps performed for this transonic aerofoil enables the revision of roughness

sizing correlations originally proposed by Braslow et al. (1966). Figure 11a presents the evolution of mass flow averaged
total pressure loss as a function of the chord based Reynolds numberRe and the roughness height k. Two different behaviours
can be observed for constant roughness heights. For a given boundary layer state ahead of the shock (either laminar or
turbulent), an increase in Reynolds number results in a gradual decrease in loss. This can be observed for k = 0µm and
k = 157µm where the boundary layer is consistently laminar and turbulent across the Reynolds number range, respectively.
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Figure 9 Effect of Reynolds number on a) isentropic Mach number, b) loss exit profiles for k = 82µm.
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Figure 10 Effect of Reynolds number on blade wall temperature for k = 82µm.

For the smallest roughness height k = 49µm the boundary layer remains laminar for the two lowest Reynolds number due
to the ineffective trip. As a result, an increase in Reynolds number reduces the loss. As the Reynolds number increases
enough, the trip becomes effective and an abrupt increase in loss is observed. Once the trip is effective, a further increase
in Reynolds number results in a loss reduction. This behaviour is also observed for k = 82µm and k = 114µm. Due to the
higher effective roughness height based Reynolds number Rek, the effectiveness of the trip occurs at a lower chord based
Reynolds number.

Figure 11b presents the relation between the total pressure loss, the roughness height based Reynolds number Rek and
the roughness surface distance based Reynolds number Resk. For Resk ≥ 105 there exists a plateau of loss with roughness
height (or equivalent Rek). This agrees with the threshold value reported by Braslow et al. (1966). The same authors
suggested a minimum value of Rek,crit ≈ 600 to enter in the plateau. The current dataset suggest that Rek,crit ≈ 600 is rather
conservative, however, it ensures a height independent loss. The critical roughness Reynolds number could be narrowed
down by increasing the resolution of roughness heights test, nevertheless this was out of the scope of this work. For all Resk
tested, a significant increase in loss is observed for very large Rek. This abrupt rise is linked to roughness heights larger than
the boundary layer thickness. The latter agrees with the original methodology of the (Braslow et al., 1966). This section
has shown the validity of the trip sizing methodology adopted for this blade representative aerofoil. This reinforces the
confidence on the application of the proposed methodology to the three-dimensional rotor blade.

CONCLUSIONS
1. This paper proposed the use of an inexpensive and robust flow control method for the suction side of a fan blade.

Design guidelines were given for the location and height of the discrete roughness elements used to control the
boundary layer state. The method aims at reducing the risk of low Reynolds number experimental fan rig testing.

2. This paper presented a rapid experimental validation methodology to ensure and de-risk the application of the bound-
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Figure 11 Effect of: a) Reynolds number b) roughness Reynolds number on total pressure loss.

ary layer trips to 3D rig blades. The methodology and experimental setup were designed to maximise the control
over the experiment, minimise the sources of uncertainty, increase the pace of experimental testing and maximise the
range of geometries and operating conditions tested within a modest variable-density wind tunnel.

3. The experimental methodology was successfully applied to a generic aerofoil representative of a fan tip section. The
experimental method was proven to be able to reproduce boundary layers and pressure distributions representative of
a 1/10 subscale model. The experiments showed the presence of laminar SWBLI for the baseline untreated blade.

4. The measurements confirmed that the boundary layer trip successfully fixed transition on the subscale model at
the location representative of full-scale blade. The experimental results showed that the trip methodology induced
transition with minimum extra blade loss.

5. The promotion of transition upstream of the shock wave was shown to alter the shock structure. This highlights the
importance of conditioning boundary layers in low Reynolds number fan rig testing.

NOMENCLATURE

ND Near design working line

NS Near stall working line

SWBLI Shockwave boundary layer interaction

δ99 Boundary layer thickness, m

c Axial chord, m

k Roughness height, m

Ms Surface isentropic Mach number

r Recovery factor

Ra Roughness average, m

Re Reynolds number based on chord = ρ∞V∞c/µ∞

Rek Roughness Reynolds number based on the roughness height and the local flow conditions = ρkVkk/µk

Res Reynolds number based on the surface distance from the leading edge = ρ∞V∞s/µ∞

s Surface distance from the leading edge, m

T0 Stagnation temperature, K
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Te Boundary layer edge temperature, K

Twall Surface wall temperature, K

x Axial coordinate, m

y Coordinate perpendicular to axial direction, m

y+ Non-dimensional wall distance
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